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Study of Nonadiabatic Boundary-Layer Stabilization Time
in a Cryogenic Tunnel for Typical Wing and Fuselage Models

Charles B. Johnson*
NASA Langley Research Center, Hampton, Va.

A theoretical study has been made of the time varying effect of nonadiabatic wall conditions on boundary
layer properties for a two-dimensional wing section and an axisymmetric body of revolution typical of a
fuselage. The wing section and body of revolution are representative of the root chord and fuselage of what is
considered to be a typical size transport model for the National Transonic Facility. The transient analysis was
made at a Mach number of 0.85, for stagnation pressures of 2, 6, and 9 atm at several cryogenic values of total
temperature for a solid wing and for three different fuselage skin thickness configurations. The analysis con-
sidered wing and fuselage sections made from stainless steel, beryllium copper, and aluminum. Examples are
presented that may be used to determine the time required to reach an adiabatic condition after a change in total

temperature.

Nomenclature

=section drag coefficient, drag/qc

=local skin-friction coefficient, shear stress/q

=chord of NACA 0012-64 airfoil, cm

=mean geometric chord, cm

= pressure coefficient, p—p_/q.

= heat transfer coefficient, heat transfer rate/(T,,,
-T,),W/m?K

=length of NASA bodies of revolution, 121.92 cm

=Mach number

=pressure, atm

=dynamic pressure, atm

= Reynolds number, based on a chord of 25.4 ¢cm

=Reynolds number, based on ¢

=temperature, K

=time, s

=distance along chord of airfoil or centerline of body
of revolution, cm

=angle of attack, deg

=boundary layer displacement thickness, cm

T =model skin thickness, cm
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Subscripts

aw  =adiabatic wall conditions
i =initial conditions

s =surface conditions

t =stagnation conditions

w =wall condition

oo =freestream conditions

Introduction

HE National Transonic Facility (NTF), ! currently being

constructed at the NASA Langley Research Center, is a
most technologically advanced wind tunnel. This cryogenic
facility provides the capability for testing over a large range of
Reynolds numbers (to full scale for most aircraft) while
avoiding many of the practical problems associated with
achieving high Reynolds numbers in conventional pressure
tunnels. The large range of Reynolds numbers in the NTF is
obtained by varying the total temperature and total pressure.

Presented as Paper 80-0417 at the AIAA 11th Aerodynamic Testing
Conference, Colorado Springs, Colo., March 18-20, 1980; submitted
March 18, 1980; revision received April 27, 1981. This paper is
declared a work of the U.S. Government and therefore is in the public
domain.
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From the standpoint of operational flexibility and
economy, it is desirable to change the Reynolds number
rapidly during a given test by as close to a step change in total
temperature as possible. After a rapid change in total tem-
perature, the model will not be in thermal equilibrium with
respect to its surroundings, but will, over a period of time, be
cooling (or heating) toward its adiabatic wall condition. In
order to determine the usability of this rapid, almost step
change, in total temperature for aerodynamic testing, an
evaluation is being made to determine the time required for
the model to reach an adiabatic wall condition, as well as the
effect of a nonadiabatic wall on the boundary-layer
properties.

This paper will present results from a theoretical analysis of
the time varying effects of nonadiabatic wall conditions on
boundary-layer properties for two configurations made from
three materials: 1) 310S stainless steel, 2) beryllium copper,
and 3) 5083 aluminum alloy. One configuration is a solid
NACA 0012-64 airfoil with a 25.4-cm chord. The other
configuration is a NASA body of revolution, referred to as
body 11,4 with a length of 121.92 cm. The body of revolution
was analyzed as a solid body, a body with a 2.54-cm-thick
skin and a body with a 1.27-cm-thick skin.

Basis for Analysis

It is well known that one of the major testing advantages of
a cryogenic wind tunnel is the expanded testing envelope
resulting from the ability to vary total temperature over a
wide range. This advantage is illustrated in Fig. 1, which
shows a typical testing envelope for the NTF at a test section
Mach number of 0.8. The operating envelope is bounded
above by a maximum operating pressure of 9 atm based on
the structural limit of the pressure shell. The lower bound of
minimum pressure is slightly greater than atmospheric
pressure to allow for venting so that additional cooling gas
can be introduced into the tunnel. The maximum total
temperature boundary on the left is about 340 K coupled with
restraints dictated by the drive system. The boundary on the
right is determined by a minimum total temperature at which
condensation is avoided. (This illustration is based on con-
densation occurring when the local Mach number reaches 1.4,
which for p, =6.65 atm, is at 7, =117 K.) T, varies over the
pressure range from 96 K at the minimum pressure to 122 K at
the maximum pressure. The operating characteristics allow
the unique capability of pure Reynolds number studies, at a
constant pressure, by the appropriate changes in total tem-
perature, as indicated by the horizontal line in Fig. 1. Pure
aeroelastic studies at a constant Reynolds number (as in-
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Fig. 1 Total pressure and temperature limits for the NTF operating
envelope at M, =0.80.

pt, atm

Fig. 2 Total temperature change in a pure Reynolds number study
for the NTF operating envelope at M =0.80.

dicated by the vertical line in Fig. 1) are obtained by varying
the total pressure and the appropriate adjustment of the total
temperature. The variation of Reynolds number with tem-
perature is nonlinear,’ with the greatest change in Reynolds
number per unit temperature change occurring at the lowest
temperature. Therefore the present analysis was made for a
AT of 50 K between temperatures of 167 and 117 K, which
corresponds to a Reynolds number range for the NTF from
50x 106 to 85 x 106 at 6.65 atm, as indicated in Fig. 2. In this
phase of the investigation, a step change in temperature was
assumed. This gives a somewhat optimistic estimate of the
time required for the model to reach adiabatic conditions. The
actual time required to make a 50 K temperature change in the
NTF was not known at the time of this analysis, however, it is
now estimated to be on the order of 15-30 s at pressures of 2-6
atm.

A rapid decrease in total temperature means that the
recovery temperature of the flow will be less than the tem-
perature of the model and that, for a period of time, the
model will be cooling toward its adiabatic wall temperature.
The consequent heat transfer will significantly affect the
boundary layer properties until the adiabatic wall condition is
approached. It was noted by Kilgore,’ that results from
boundary-layer calculations in which an ideal-gas method
(i.e., flight calculations) was compared to a real-gas cryogenic
method of calculation (i.e., NTF application) showed that if
both the real-gas and ideal-gas results are at adiabatic wall
conditions, there is virtually no difference in boundary-layer
properties. Therefore this paper will examine the variation,
with time, of the local skin friction and boundary-layer
displacement thickness from the time at which total tem-
perature is changed until the time the model reaches an
adiabatic wall condition. For all the conduction calculations
presented in this paper, it is assumed that a step change in
total temperature from 167 to 117 K at t =0's has been made.
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Fig. 3 Simulation of wing and fuselage sections for conduction
analysis.
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Fig. 4 Four medels used in conduction analysis.

Method of Analysis

The geometry used in the conduction analysis for wing and
fuselage simulation is shown in Fig. 3 in relation to a model of
an airplane sized for use in the National Transonic Facility
(NTF). The fuselage is simulated by a NASA body of
revolution with a length of about 122 ¢cm and a thickness-to-
length ratio of about 0.105. The root section of the wing is
simulated by the NACA 0012-64 airfoil section. The geometry
of the four configurations that were analyzed is shown in Fig.
4, The NACA 0012-64 airfoil was input into the conduction
code as a solid body. Three mass configurations of the NASA
body of revolution were used in the conduction analysis, one
solid and two hollow. The two hollow configurations had wall
thicknesses of 2.54 and 1.27 cm. An outline of the six steps
used in the method of analysis follows.

1) Determine heating rates to the NACA 0012-64 airfoil
section and NASA body of revolution at M_ =0.85, =0
using measured surface pressures.

2) Determine the effect of wall to total temperature ratio
(T,,/T,) and stagnation pressure on heating rates of bodies of
revolution.

3) Discretize the two-dimensional airfoil and body of
revolution into conduction and storage nodes.

4) Input heat transfer coefficients and nodal geometry into
transient heat conduction code and determine temperature
history for 310S stainless steel, beryllium copper, and 5083
aluminum alloy, with step changes in total temperature at
time equal to zero.

5) Make boundary-layer calculations for various T, /T,
ratios over a range of values of T, and p, for both the NACA
0012-64 airfoil and the NASA body of revolution.

6) Evaluate error, due to nonadiabatic wall conditions, in
boundary layer properties relative to adiabatic conditions by
combining results of steps 4 and 5.

Subsequent sections of this paper describe in detail each of
the preceding steps and results will be presented, in terms of
the stabilization times, for skin friction and boundary-layer
displacement thickness.
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Fig. 5 Effect of pressure on the heat transfer coefficient on the
NACA 0012-64 airfoil (M, =0.85, a=0, T,=116 K, ¢=25.4 cm,
T,/T,=1.22).
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Fig. 6 Effect of pressure on the heat transfer coefficient on the
NASA body of revolution (M, =0.85, «=0, T,=116 K, L =121.9
em, T, /7T,=1.22).

Results and Discussion
Heat Transfer Effects

The distribution of the heat transfer coefficient (calculated
by the method of Anderson and Lewis®) over the NACA
0012-64 airfoil and the NASA body of revolution for
stagnation pressures of 2, 6, and 9 atm is shown in Figs. 5 and
6, respectively. The pressure distributions shown on the insert
in the figures are fairings of experimental data*’ and were
used as input to the calculation. At p, =2 atm, the beginning
of transition was assumed to be about 3 and 4% of chord (and
length) for the NACA 0012-64 and the NASA body of
revolution, respectively. At the higher pressures, the start of
transition moves upstream as would be expected. The heat
transfer coefficient distribution was calculated at a mean
value of T,,/T, =1.22, which falls midway between the initial
value of 1.41 and the final (i.e., adiabatic) value of about
0.985. These calculated heat transfer coefficient distributions
were used as an input for the heat conduction analysis which
uses a constant value for the heat transfer coefficient
distribution; hence the mean value (T, /7, =1.22) was used as
an approximation to a time-varying value.

The variation of surface temperature at three locations on
the NACA 0012-64 airfoil made of stainless steel is shown in
Fig. 7. The temperature variations in Fig. 7 and all other
transient temperature results were obtained from a transient
conduction program.® The program obtains a solution for
temperatures using the backward finite difference method for
the heat balance equations. As can be seen, the trailing edge of
the airfoil, which has a relatively small mass, rapidly ap-
proaches the adiabatic wall temperature in about 30 s. The
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Fig. 7 Variation of surface temperature with time after a 50 X step
change (M, =0.85, p, =2 atm, T; =164.5 K, T,, =115.2 K, ¢=254
cm).
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Fig. 8 Variation of surface temperature with time after a 50 K step
change (M, =0.85, p,=2 atm, T7;=1653 K, T, =1158 K,
L=121.9 cm).
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Fig. 9 Distribution of surface temperature 30 s after a 50 K step
change (M, =0.85, p,=2 atm, 7,=165.3 K, 7, =115.8 K,
L =121.9 cm).

leading edge approaches the adiabatic temperature more
slowly because of the increased mass in the leading edge
compared to the trailing edge. In the region of maximum
thickness (at the 40% chord), it takes almost 4 min to ap-
proach the adiabatic temperature.

The variation of surface temperature with time at three
locations on the NASA body of revolution is shown in Fig. 8.
The wall thickness for this particular configuration is 1.27 ¢cm
and the material is stainless steel. Tt can be seen from Fig. 4,
that this configuration has about the same mass (per unit
area) at the leading edge, trailing edge, and midbody, thus the
rate at which these locations approach the adiabatic wall value
is primarily dependent on the heat transfer coefficient at the
respective locations (see Fig. 6). The stagnation point at the
nose of the body has the highest heat transfer coefficient
(h=1301 W/m? K) and thus cools more rapidly. The mid-
body station cools somewhat slower than the nose, and the
trailing edge, which has the lowest heat transfer coefficient,
cools the slowest. All three stations reach the adiabatic wall
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value at about 240 s after the 50 K step change in total tem-
perature.

The distribution of surface temperature over the three
configurations of the NASA body of revolution 30 s after the
50 K step change in total temperature is shown in Fig. 9. The
peak temperature at x=35 cm corresponds to the beginning of
transition which is seen in the heat transfer coefficient
distribution in Fig. 6. At this time, after the step change in
total temperature, the surface temperature distribution is
quite sensitive to the distribution of the heat transfer coef-
ficient over the model. In particular, the location of the
beginning and end of transition will strongly affect the
temperature distribution over the model.

Aerodynamic Effects

The results from Figs. 7-9 and additional calculations
indicated that the time required to reach an adiabatic con-
dition over the entire model might be quite long particularly
for a solid body of revolution. In an effort to determine a
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Fig. 10 Section drag coefficient of the NACA 0012-64 airfoil as a
function of T,, /T, ratio (M, =0.85, p, =2 atm, T, =116 K, c=2.54
cm).
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Fig. 11 Variation of surface temperature with time after a 50 K step
change for different metals (M, =0.85, p, =2 atm, x/c=0.4, c=25.4
cm).
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nonadiabatic level (i.e., a T,/T, ratio) that would be ac-
ceptable for testing, calculations of the section drag coef-
ficient of the NACA 0012-64 airfoil as a function of T,,/T,
were made (see Fig. 10) at R,=27.1x10% (p,=2 atm).
Initially, an adiabatic (T,/T, =0.985) method of calculation
was used to determine the adiabatic value of Cj. This
adiabatic drag coefficient was determined from the two-
dimensional airfoil code of Bauer et al.® The nonadiabatic
(0.4< T, /T,<2.5) and adiabatic values of skin friction drag
for the NACA 0012-64 airfoil were calculated from the
Anderson-Lewis® code. These boundary layer calculations
were all made using the same pressure distribution over the
airfoil and a beginning of transition fixed between 2 and 5%
of the chord for all T,/T, ratios. The variation of section
drag coefficient with 7, /T, shown in Fig. 10, was obtained
by subtracting the adiabatic value of skin friction drag out
and adding in the nonadiabatic values at various T,/T,
ratios. It can be seen in Fig. 10 that, plus or minus, one drag
count on either side of the adiabatic value of Cp
(T,/T,=0.985) corresponds to T, /T, ratios of 0.90 and
1.08. Thus, when a model that is being cooled reaches a
T, /T, ratio of 1.08, the nonadiabatic effects cause the drag to
be one drag count less than the adiabatic value of drag. Based
on this analysis (Fig. 10), it appears that for a model that is
being cooled, data could be taken when the model reaches a
T, /T, ratio of 1.08.

As was previously noted, the variation in drag in Fig. 10 is
due only to the variation in friction drag with a change of
T, /T, ratio for a fixed pressure distribution and a nearly
constant location of transition. Figure 10 shows an increase in
drag with a decreasing T,/ T, ratio. However, as the wall is
cooled, the slope of the curve in Fig. 10 may actually change
direction if both the boundary layer stability!° (i.e., increase
in transition Reynolds number) and the pressure distribution
(i.e., shock location and wake separation characteristics) are
significantly affected by wall cooling. Thus, in an actual wind
tunnel test, the total drag on a 2-D airfoil may decrease as the
T, /T, ratio is decreased. This change in the drag curve with
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Fig. 12 Variation of the local skin friction ratio with 7 /T, ratio
over a range of stagnation conditions (M =0.85, x/c=0.4, c=25.4
cm).

Table1 Comparison of cool down times (s) for two materials to reach
aT,/T,=1.08 after a 50 K step change

3108 stainless steel

Beryllium copper

Configuration, atm P, =2 p,=6 P, =9 P =2 p, =6 p; =9
NACA 0012-64

(x/c=0.4) 70 24 15 79 34 25
Body of revolution

(solid, x/L =0.5) 142 32 18 234 92 65
Body of revolution

(r=2.54cm, x/L=0.5) 115 31 18 154 61 42
Body of revolution

(r=1.27cm, x/L=0.5) 65 25 16 83 33 24
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T,/T, would undoubtedly change the values of the 7,/T,
ratios for an error of one drag count that were established in
Fig. 10.

A comparison of the cool down times for 310S stainless
steel and beryllium copper to reach a value of 7,,/7,=1.08
are shown in Table 1 for a Mach number of 0.85 and
stagnation pressures of 2, 6, and 9 atm. The cool down
follows a step change in total temperature from 167 to 117 K
at time equal to zero. At all the stagnation pressures for the
four configurations, the stainless-steel models reach the
T,/T,=1.08 ratio in a shorter period of time than the
beryllium copper models. For the airfoil, the times for the two
materials are within 10 s of each other; however, for the solid
body of revolution, the time difference to reach a ratio of 1.08
is much longer for the beryllium copper than for the 310S
stainless steel. For instance, at pressure of 2 atm, the
beryllium copper takes 92 s longer than the stainless steel to
reach T,,/T,=1.08. At a pressure of 9 atm, the solid body of
revolution made from beryllium copper takes about 3.6 times
longer to reach the T,/7T,=1.08 ratio than the stainless-steel
configuration.

A comparison of the surface temperature vs time on the
NACA 0012-64 airfoil (x/c=0.4) for three different materials
is shown in Fig. 11. These time histories show that the 5083
aluminum alloy airfoil reaches an adiabatic wall temperature
in about 50 s compared to the 4 min required for the beryllium
copper airfoils and 310S stainless steel. It is interesting to note
that, for the first 2 min of cooling, the 310S stainless-steel
airfoil approaches the adiabatic wall temperature more
rapidly than the beryllium copper airfoil. However, after
about 2 min, the stainless steel and beryllium copper airfoils
have about the same temperature-time history.

In addition to the foregoing brief analysis of drag presented
in Fig. 10, the variations of skin friction coefficient and
boundary-layer displacement thickness with T,/7, were
investigated over the total range of tunnel operation tem-
perature and pressure. The variation in the ratio of the local
skin friction relative to the adiabatic wall value at x/c=0.4
(M, =0.85) on the NACA 0012-64 airfoil is shown in Fig. 12
as a function of the wall-to-total temperature ratio. The
variation of the C,/C,,, ratio in Fig. 12 was calculated using
the boundary layer code of Harris!! over a range of
stagnation pressures from 2 to 9 atm and a range of
stagnation temperatures from 83.3 to 333.3 K. As shown in
Fig. 12, when the local skin friction is ratioed to the adiabatic
wall values of C,, the resulting C,/C;,,, ratio (for the range of
stagnation conditions shown) collapses to a single curve in-
dependent of both stagnation pressure and stagnation tem-
perature. A similar curve to that of Fig. 12 was developed for
the ratio of local boundary layer displacement thickness
relative to the adiabatic wall value at x/c=0.4 on the NACA
0012-64 airfoil. The §*/6%, ratio as a function of 7T,/T, is
also independent of stagnation temperature from 83.3 to

SOLID MODEL
(310S STAINLESS STEEL)

AT TIME = O Tw/Tt = 141, Tt CHANGES FROM 167 K TO 117 K

MAXIMUM ERROR ~ 12%

SO W | i L it L 1 1 L J

40 8 120 160 200 240 280 320 360 400
TIME, sec .

Fig. 13 Departure of the local skin friction from the adiabatic wall

value as a function of time for the NACA 0012-64 airfoil (M, =0.85,

x/c=0.4,c=25.4 cm).
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333.3 K. However, the 6*/6%, ratio is slightly dependent on
stagnation pressures, and individual curves for stagnation
pressures of 2, 6, and 9 atm were used in the analysis of heat
conduction. For all such analyses presented in this paper, the
initial temperature condition (at time=0) corresponds to a
wall-to-total temperature ratio of 1.41 (at time =0, 7, changes
from 167 to 117 K). At this condition, indicated by the dashed
line in Fig. 12, the local skin friction is about 88% of the
adiabatic wall value. Similar calculations of C,/C;,, and
6*/8;, were made for the NASA body of revolution at
stagnation pressures of 2, 6, and 9 atm and stagnation
temperatures from 83.3 to 333.3 K. The dependency on the
stagnation pressure and temperature of the C, and 6* ratios
for the body of revolution was about the same as that for the
airfoil.

Boundary-Layer Stabilization Time

The boundary-layer stabilization time due to nonadiabatic
wall conditions as a function of time are determined by
combining the results from the transient heat conduction
code, such as shown in Figs. 7 and 8, with the boundary-layer
analysis of C,/C,,, and §*/83, shown typically in Fig. 12.
The results of combining a boundary-layer analysis with the
heat conduction results for the NACA 0012-64 airfoil made
from 310S stainless steel are shown in Figs. 13 and 14, at
x/c=0.4. Similar results for the NASA body of revolution at
x/L =0.5 are shown in Figs. 15 and 16 for the solid body and
Figs. 17 and 18 for the body with 7=1.27 cm. The results for
the body of revolution with 7=2.54 cm are given in Ref. 12
and in Table 2. Table 2 summarizes the stabilization times for
the four configurations at M =0.85, for stagnation pressures
of 2, 6, and 9 atm. Included in the table are the maximum
error (at time =0), the time to reduce the maximum error by
50%, the time to reach a T,/ T, = 1.08 ratio (based on analysis
from Fig. 10), and the time to reach an adiabatic condition.
The times required for the four configurations to reduce the
maximum error by 50% are considerably less than the times
required to reach an adiabatic condition as can be seen from
Table 2. The pronounced increase in the time to reach an
adiabatic condition over the time to reduce the maximum
error by 50% is due to the nonlinearity of the curves in Figs.
13-18. It should be remembered that the analysis is based on
the model being at an initial uniform equilibrium temperature
of about 164.5 K and then at time =0 there is a step change in
total temperature from 167 to 117 K.

The solid NACA 0012-64 airfoil (Figs. 13 and 14) requires
about 300 s to reach an adiabatic condition at a stagnation
pressure of 2 atm and 200 and 180 s at stagnation pressures of
6 and 9 atm, respectively. The time for the airfoil to reach
T,/T,=1.08 is about 70 s for the 2-atm condition and
somewhat less for the 6- and 9-atm conditions. The errors at
the T,/ T, = 1.08 condition are about 3 and 6% for the C, and
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1 i |
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Fig. 14 Departure of displacement thickness from the adiabatic wall
value as a function of time for the NACA 0012-64 airfoil (M, =0.85,
x/c=0.4,c=25.4cm).
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Fig. 15 Departure of local skin friction from the adiabatic wall value
as a function of time for the NASA body of revolution (M, =0.85,
x/L=0.5, L=121.92 cm).
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Fig. 16 Departure of displacement thickness from the adiabatic wall

value as a function of time for the NASA bedy of revolution
(M, =0.85, x/L=0.5, L=121.92 cm).
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‘Fig. 17 Departure of local skin friction from the adiabatic wall value
as a function of time for the NASA body of revolution (M, =0.85,
x/L=0.5, L=121.92 cm).
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Fig. 18 Departure of displacement thickness from the adiabatic wall
value as a function of time for the NASA body of revolution
M, =0.85,x/L=0.5,L =121.92 cm).

Table2 Boundary layer stabilization times for four configurations after a 50 K step change (3108 stainless steel)

p,=2atm p,=6atm p,=9%atm
Timemax.  Timeto Timeto  Time max. Time to Timeto Time max. Time to Time to
Approx.  error reach reach error reach reach error reach reach
max. reduced T,/7,=1.08, adiabatic  reduced T7,/7,=1.08, adiabatic reduced T,/T,=1.08, adiabatic
error, % by 50%, s S condition, s by 50%, s s condition, s by 50%, s s condition, s
Cr/Caw

NACA 0012-64

(x/c=0.4) 12 28 70 300 24 200 3 15 180
Body of revolution

(solid, x/L=0.5) 13 37 142 > 600 32 540 6 18 480
Body of revolution

(r=2.54cm,

x/L=0.5) 13 36 115 390 31 235 5 18 205
Body of revolution

(r=1.27 cm,

x/L=0.5) 13 29 65 200 25 100 5 16 85

8*/8% 1w

NACA 0012-64

(x/c=0.4) 26 21 70 300 24 200 2 15 180
Body of revolution

(solid, x/L =0.5) 28 29 142 > 600 32 540 4 18 480
Body of revolution

(r1=2.54cm,

x/L=0.5) 28 29 115 390 31 235 4 18 205
Body of revolution

(7=1.27 cm,

X/L=0.5) 28 25 65 200 25 100 4 16 85
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6* analyses, respectively, for all pressures as can be seen in
Figs. 13 and 14 (as expected from the results of Fig. 12).

The times to reach an adiabatic condition for the NASA
body of revolution from the 2-atm condition, range from a
time slightly greater than 600 s for the solid body to 390 and
200 s for the 7=2.54- and 1.27-cm hollow bodies, respectively
(see Table 2). The solid body of revolution reaches an
adiabatic condition in about 540 and 480 s for the 6- and 9-
atm condition, respectively. The thicker walled hollow body
of revolution'? (r=2.54 cm) reaches an adiabatic condition in
about 210 s for the 6- and 9-atm condition. The thinner walled
hollow body of revolution (r=1.27 cm) reaches an adiabatic
condition in 100 and 85 s for the 6- and 9-atm condition,
respectively. The times to reach the T,,/7,=1.08 condition
for the 2-atm stagnation pressure are 142, 115, and 65 s for
the solid, 7=2.54- and 1.27-cm hollow bodies of revolution,
respectively. At the two higher pressures, the times to reach
T, /T,=1.08 are significantly reduced as can be seen in Table
2. For the C,and 6* analyses, the errors at the 7,,/7,=1.08
condition are about 3 and 6% at all pressures, for all three
configurations of the body of revolution.

Concluding Remarks

A theoretical analysis of the time varying effects of
nonadiabatic wall conditions on boundary-layer properties
has been made for representative elements of a typical model
for the National Transonic Facility cryogenic wind tunnel.
The elements analyzed were 1) a solid airfoil section
representative of the root-section of a subsonic transport
model and 2) an axisymmetric body with varying degrees of
skin thickness representative of the fuselage. The results of
the analysis showed that when the wall temperature of the
airfoil was 1.08 times the total temperature of the test
medium, the error in drag coefficient was only one count.
These results provide a convenient basis for evaluating the
time varying effects which were calculated for the case of a 50
K instantaneous drop in temperature from 167 to 117 K. The
results of the time varying analysis show that if the body is
made hollow with a moderately thin skin, its time constants
are consistent with those of the airfoil and that the time
required to accommodate the temperature change is not
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excessive. For example, the time required for both parts of a
model to reach a temperature of no more than 1.08 times the
test medium total temperature, after the 50 K reduction in gas
temperature, is about 70 s for tests at a total pressure of 2 atm
and only about 15 s at a pressure of 9 atm.
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